
VOL. 23, NO. 5, MAY 1985 AIAA JOURNAL 707

Transonic Shock-Wave/Turbulent Boundary-Layer
Interactions in a Circular Duct
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Detailed pitot, static, and wall pressure measurements have been obtained for a transonic normal shock-
wave/turbulent boundary-layer interaction at freestream Mach numbers of 1.28, 1.37, and 1.48, and at a con-
stant unit Reynolds number of 4.92xl06/m in an axisymmetric, internal flow. Measurements have also been
obtained at a unit Reynolds number of 9.84xl06/m at a freestream Mach number of 1.29. The interaction
depends very strongly on the Mach number. The effect of Reynolds number on the unseparated interaction is
small. Flow blockage due to the wind tunnel wall boundary layer produces a weaker interaction and a much
larger supersonic tongue than observed for planar flows. Comparisons are made with solutions to the time-
dependent, mass-averaged, Navier-Stokes equations incorporating a two-equation, Wilcox-Rubesin turbulence
model. The computations are in agreement with the experimental results.

Nomenclature
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Subscripts
e = boundary-layer edge
t = pitot
u = start of interaction
w = wall value
0 = stagnation condition
oo = freestream condition at start of interaction

Introduction

T RANSONIC normal shock-wave/turbulent boundary-
layer interactions represent an important problem in fluid

mechanics because of the occurrence of such interactions in
both external and internal aerodynamic flows. Important
examples are those occurring on wings in transonic flight (ex-
ternal) and in the inlet of air breathing engines (internal). In
internal interactions, the flow blockage due to the wall bound-
ary layers may produce a flowfield different from that occur-
ring in external flows.1'2 Detailed flowfield measurements in
internal flow interactions are needed to understand the effects
of blockage. Also, measurements are needed for the evalua-
tion of computational methods for such flows. Computational
schemes employing the Navier-Stokes equations are attractive
because they simultaneously compute the viscous and inviscid
flowfields. An important factor in the success of Navier-
Stokes computations is the use of adequate turbulence models.
Experimental data obtained in interactions such as the one in-
vestigated in this study are needed to evaluate various tur-
bulence models.

Several investigations of the mean flow properties of nor-
mal shock-wave/turbulent boundary-layer interaction at tran-
sonic speed have been conducted.1'8 These flows were either
planar two-dimensional2'3'5'6 or axially symmetric two-
dimensional.1'4'7'8 Three-dimensional effects are known to
be present in shock/boundary-layer interaction studies per-
formed in planar two-dimensional facilities.6'9'10 The purpose
of the present study was to investigate experimentally the ef-
fects of Mach number, Reynolds number, and flow blockage
on a normal shock-wave/turbulent boundary-layer interaction
and to evaluate a Navier-Stokes analysis for computing such
interactions. Detailed mean flow measurements were obtained
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at various Mach and Reynolds numbers in an axisymmetric in-
ternal duct with minimal three-dimensional effects. Numerical
computations were performed in which the Navier-Stokes
equations with a two-equation Wilcox-Rubesin model of the
turbulence were solved to predict this complex flow. This tur-
bulence model was selected for these calculations because of
the relative success when using it, in comparison with other
turbulence models, to simulate a variety of complex turbulent
flows containing shock-wave/boundary-layer interactions.1
Only the in-flow conditions, the approximate shock location,
and the downstream pressure were provided to the computor
(Viegas). Based on these conditions, the numerical simulation
was completed. This paper compares these predicted
numerical results with the measured experimental results.

Experiment
The experiment was performed in the continuous-flow

facility11 at the University of Washington. The facility is
shown schematically in Fig. 1. Three axisymmetric nozzles
with nominal Mach numbers of 1.5, 1.4, and 1.3 were used in
conjunction with a constant 5.19-cm-diam test section. The
contours of the nozzles were not corrected for boundary-layer
growth. The overall length of the plexiglas nozzle-test-section
facility was 24.13 cm. Static pressure taps were located on a
line in the constant diameter test section at varying intervals of
2.54, 5.08, and 6.35 mm. Additional taps were located at
90-deg intervals around the test section from this primary line
in order to check flow symmetry. Boundary-layer trips were
cemented to the converging part of the nozzle to make sure the
test section boundary layer was turbulent. The normal shock
wave was generated at the desired location in the test section
using a blunt cone as a centerbody to choke the flow at the exit
from the test section.

A 55.88 mm long by 5.08 mm wide slot cut through the wall
was provided near the diffuser end, allowing for the radial and
longitudinal translation of probes. Pitot and static pressure
probes with distances from the stem centerline to the measur-
ing location of 101, 152, and 197 mm were used to obtain
pressure distributions. Measurements with longer probes were
checked against measurements with a shorter probe to make
sure that there was no deflection of the probe tip due to
dynamic pressure in the operating total pressure range. For
measurements in the flow facility with nozzles of nominal
Mach numbers of 1.5 and 1.4, a probe 197 mm long was used.
The probe could be translated over the complete length of
measuring locations with the addition of small extension sec-
tions of constant diameter between the test section and the dif-
fuser. The flow in the test section was not affected by the addi-
tion of the extension sections. On the other hand, with the
nozzle of nominal Mach number of 1.3, the addition of exten-
sion sections choked the flow producing a shock which could
not be positioned at the desired location. Thus, for the lowest
Mach number, three probes of different lengths were used.
Probes were inserted into the test section from the diffuser end
to minimize blockage of the flow. During the experiment,
small changes in probe blockage due to traversing of the probe
were offset by moving the centerbody and ensuring that the
normal shock remained in a fixed position in the test section.
The wall pressure distribution was used to monitor the shock
location.

Pitot pressures were measured with a flattened pitot tube11

for which the probe tip was approximately 0.254 mm high and
the opening was approximately 0.1 mm high by 0.38 mm wide.
Local static pressures were measured with a cone-cylinder
probe of the type described in Ref. 12. The outside diameter of
the probe was 1.06 mm. Two 0.16-mm-diam static pressure
ports, located 10.6 mm downstream of the cone-cylinder junc-
tion, were drilled at ±40 deg circumferentially from the side
of the probe that was closest to the test section wall. Static
pressure ports at these locations make the probe relatively in-
sensitive to flow inclination in the range of -2 to +6 deg.
Probes and instrumentation are described in detail in Ref. 13.

Following Ref. 14, the experimental uncertainty of the
measured pressures was estimated as ±(F+at95), where F is
the fixed error, a the standard deviation of a set of repeated
measurements, and t95 the 95th percentile of the student-t
distribution. The uncertainty for wall pressure was ±0.5%,
for pitot pressure ±1.0%, and for static pressure ±5.0%.

The test facility was operated with dry air at a nominal
stagnation temperature of 300 K (±1%). For flows at
freestream Mach numbers of 1.48, 1.37, and 1.28, the
Reynolds number based on freestream static temperature was
4.92xl06/m. For flow at the freestream Mach number of
1.29, the Reynolds number was 9.84xl06/m. The range of
Reynolds number was limited by the suction capacity of the
flow facility.

Numerical Simulation
The computational procedures used are essentially those

described in detail in Ref. 15. The differential equations used
to describe the mean flow for this study are the time-
dependent, mass-averaged, Navier-Stokes equations for axial-
ly symmetric flow of a compressible fluid. These equations are
augmented by two additional equations for the field variables
(kinetic energy and dissipation rate) associated with the
Wilcox-Rubesin model of turbulence.16 Restrictions on the
differential equations include the perfect gas assumption, con-
stant specific heats, the Sutherland viscosity law, and zero
bulk viscosity. The two-equation Wilcox-Rubesin model of
turbulence was selected for this study based on experiences
with it and other turbulence models for a variety of complex
flows. In studies presented in Refs. 8 and 15 and at the recent
AFOSR/Stanford Conference on Complex Flows,17 the
Wilcox-Rubesin model was shown to be effective for modeling
the turbulence for this type of flow. The modeling coefficients
used with this turbulence model are those described in Ref. 15.

The numerical algorithm used here is the basic explicit
second-order, predictor-corrector, finite-difference, time-
splitting method of MacCormack18 modified by the efficient
explicit-implicit-characteristic algorithm of Ref. 19. A descrip-
tion of this method, along with its adaptation to the Wilcox-
Rubesin turbulence model equations, is contained in Refs. 15
and 20. The computational domain consists of a control
volume that includes the interaction and extends from the wall
to the centerline of the test section. This domain is divided into
a two-mesh system. An exponentially stretched fine mesh is
used near the wall where the viscous effects are important. The
outer flow, which is predominantly inviscid, is described using
a uniform coarse mesh. A uniform mesh, containing about
four mesh points per <5W, is used in the flow direction.

For all Mach numbers the upstream boundary of the control
volume was about 3<5M ahead of the initial rise in surface
pressure. A total of 128 mesh points were used in the stream-
wise direction for the two lower Mach number cases, while 170
mesh points were used for the higher Mach number cases.
Normal to the surface 40 mesh points were used. Typically,
about 30 of these points were in the boundary layer. Transfer
from the exponentially stretched fine mesh to the coarse mesh
occurs near the outer edge of the boundary layer. The distance
of the first mesh point from the wall was selected small enough
that the solutions are independent of this spacing (typically
within ^mm = W^Pw/Mw ̂  0.2 where ju, is the molecular
viscosity). The large number of mesh points used for these

NOZZLE TEST SECTION

NORMAL> COMPRESSION SHOCK
W A V E S ——— — - I

^W/////////////////'///////M\\\YY
-24.13 cm-

Fig. 1 Experimental facility.
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calculations resulted in computing times that varied from 3.5
to 5 h to obtain fully converged solutions on a CDC 7600.

For the simulations presented here, the inviscid flow at the
upstream boundary of the control volume was uniform,
steady, and supersonic at the experimental freestream Mach
number. The properties in the upstream boundary layer were
obtained from the nonsimilar boundary-layer code of Ref. 16.
This code provided detailed profiles as a function of stream-
wise location. These profiles were self-consistent with the
mean flow parameters, but none of them agrees with every
aspect of the experimental profile at the beginning of the
pressure rise. The selected starting profile was one that had a
momentum thickness that closely matched the experimental
value at the beginning of the pressure rise. The momentum
thickness was matched because it can be determined with
reasonable certainty. This choice also results in fair agreement
of the other boundary-layer parameters, such as 6*, du, and
Cfu, with those of the experiment at the in-flow boundary. At
the downstream boundary, the experimental value of the static
pressure was used, and a special technique1 was used to inhibit
the upstream propagation of disturbances from this bound-
ary. A more complete description of the boundary conditions,
along with special procedures used for the turbulence model
variables and equations, is contained in Refs. 15 and 21.

Results and Discussion
The experimental results are presented in conjunction with

the results of the numerical predictions for varying Mach
numbers and Reynolds numbers. The study of the effect of
Reynolds number was limited to the lowest Mach number. A
summary of the experimental test conditions and upstream
boundary-layer parameters is given in Table 1. The effect of
blockage can be measured by the parameter B [ = 1
- (1 — d*/R)2 ] which is defined as the effective area reduction
due to boundary-layer growth at the upstream location, di-
vided by the test section area.

In the comparisons of the experimental results with those of
the numerical predictions, it should be noted that the nor-
malization factors for the experiment are determined from the
experimental measurements while those for the numerical
results are determined from the numerical solutions. Since no
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Fig. 2 Comparison of upstream experimental boundary-layer
velocity profiles with compressible wall-wake profiles.

attempt was made to precisely match upstream numerical
parameters with experimental ones, some of the factors used
in normalizing the numerical results differ slightly from those
given in Table 1. Table 2 contains the upstream boundary-
layer parameters used in normalizing the numerical results.
The difference between the upstream boundary-layer
parameters of Table 2 and those of Table 1 result from the
choice of the in-flow boundary conditions of the numerical
control volume as discussed in the previous section. Normaliz-
ing the results in the manner discussed above provides a con-
sistent comparison of calculation with experiment between the
point of the initial pressure rise and the downstream bound-
ary, independent of the details of comparison ahead of the
interaction. When the numerical calculations are normalized
by the values from Table 1 rather than those from Table 2 the
results are not altered significantly and the comparisons with
experiment will remain as discussed in the following sections.

The upstream boundary-layer profiles for the three test
cases are shown in semilogarithmic form in Fig. 2. Also shown
for comparison are the compressible wall-wake profiles,22

with which the data points are in good agreement. For all of
the test cases, the skin friction at the upstream location (X= 0)
is within 5% of the zero pressure gradient flat-plate value as
determined from Ref. 23. It was found that, for every test
case, the upstream boundary layer was typical of a turbulent
equilibrium boundary-layer profile.

Wall Pressure
In Fig. 3, the wall pressure is normalized by the value just

upstream of the initial pressure rise. The distance X is
measured from the point of the initial pressure rise and is nor-
malized by the boundary-layer thickness du at the start of the
pressure rise. The steepest slope in the wall pressure is ob-
served near the start of the interaction, with the slope increas-
ing with increasing Mach number and also with increasing
Reynolds number. The overall pressure recovery is lower than
the Rankine-Hugoniot value because with the thickening of

i .oC

i.06
20 _ ,0 40 50

Fig. 3 Wall pressure distribution.

Table 1 Experimental flow conditions and upstream boundary-layer parameters

P0, atm

0.3325
0.3264
0.3239
0.6477

M^

1.48
1.37
1.28
1.29

Re/m,
x!0~6

4.92
4.92
4.92
9.84

5W, mm

2.10
2.34
2.62
2.13

d*, mm

0.438
0.455
0.509
0.408

6U, mm

0.181
0.199
0.229
0.187

Cfu

0.003725
0.003647
0.003734
0.003177

B

0.0227
0.0236
0.0264
0.0212
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Table 2 Computational flow conditions and upstream boundary-layer parameters

P0, atm
Re/m,
x l O ~ 6 6W , mm 6*, mm Ou, mm

0.3325
0.3264
0.3239
0.6477

1.48
1.37
1.28
1.29

4.92
4.92
4.92
9.84

2.03
2.14
2.05
1.87

0.495
0.491
0.474
0.400

0.194
0.204
0.210
0.181

0.003247
0.003305
0.003229
0.002986

0.0256
0.0254
0.0246
0.0208

the boundary layer through the shock wave, the effective
downstream area is reduced which produces a lower pressure.
The computations capture the Reynolds number and Mach
number effects and quantitative pressure levels very well
throughout the interaction region (Fig. 3).
Static Pressure

Figure 4 shows a comparison of experimental and
numerically determined flowfield static pressure profiles at a
few axial locations in the vicinity of the shock wave for the
freestream Mach number of 1.48. In the region before the
shock wave and outside the boundary layer, the static pressure
has also been determined using pitot pressure and the tunnel
stagnation pressure P0 as the local total pressure, since losses
through the compression waves emanating from the wall
boundary layer are small.

In the region ahead of the shock wave and outside the
boundary layer, the static pressure determined from pitot
pressure agrees well with the Navier-Stokes numerical com-
putation but differs from the measured static pressure (Fig. 4).
The precise reasons for the difference are not clear. However,
one factor may be that the interaction of the normal shock
wave and/or emanating compression waves from the wall
boundary layer with the boundary layer on the static probe af-
fected the static pressure readings. In this region the pitot
pressuie and the plenum pressure were used to determine the
Mach number.

At X=2A2, the measured static pressure shows large in-
terference effects near the wall. This interference probably is
caused by the upstream influence of the interaction of the
emanating compression waves from the wall boundary layer
with the boundary layer on the static probe. Since the
measured static pressure near the wall is inaccurate, a linear
distribution between the measured wall pressure and the
measured static pressure at 7=0.5 was used in determining
Mach number.

Just after the shock wave, the measured static pressure in-
creases as Yincreases. It becomes nearly constant and equal to
the wall pressure at ^=12.10 and at locations farther
downstream. The numerical computation describes these ex-
perimental observations very well. The overall pattern of
variation of static pressure observed for the three other test
cases is similar.13

Mach Number Contours
Figure 5 shows experimental and computed Mach number

contours for the flowfield at a freestream Mach number of
1.48. The experimental contours were determined from
measured pitot and static pressures except in the region ahead
of the shock wave and ouside the boundary layer as discussed
in the previous section. Since it was not possible to obtain
schlieren or shadowgraph pictures of the flow in the circular
duct, the exact structure and location of the shock could not
be determined. The approximate experimental shock location,
as determined from static pressure profiles, is indicated in Fig.
5a. The location of the vortex layer was found from the pitot
pressure profiles. The flow remains supersonic as it passes
through the system of compression waves emanating from the
boundary layer at the foot of the shock wave and produces a
large supersonic region embedded in an otherwise subsonic
flow. This region has been termed the "supersonic tongue" by
Seddon2 (M*, = 1.47), Kooi6 (M00 = 1.44), and East7

O MEASURED STATIC PRESSURE
A CALCULATED FROM PITOT PRESSURE
• MEASURED WALL PRESSURE

—— NAVIER-STOKES

0.8 1.0 1.0 0.8 1.0 1.0 1.0 1.0 1.2

Fig. 4 Static pressure profiles: M^ = 1.48, Re/m = 4.92X106.

Fig. 5a Experimental Mach number contours: M00 = 1.48,
Re/m = 4.92 xlO6.

•NGTH Of SEPARATION

10 15 20 25 30 35 40
X

Fig. 5b Computed Mach number contours: A/^ = 1.48, Re/m
= 4.92xl06.

(Ma, = 1.40). The embedded supersonic region does not look
like the tongue reported by Seddon.2 Instead, its height in-
creases with distance downstream from the shock wave. This
large region of the embedded supersonic flow is due to an in-
creased flow blockage in the test section. Thickening of the
boundary layer through the shock wave reduces the effective
downstream area, producing a lower pressure and, hence, in-
creasing the streamwise extent of the embedded supersonic
flow. An increase in the radial extent of the embedded super-
sonic flow is associated with the buildup of displacement
thickness. In Ref. 24, with an increase in upstream displace-
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Fig. 6 Skin-friction distribution.
Fig. 7a Boundary-layer velocity profiles: 7^=1.48, Re/m
= 4.92xl06.

ment thickness (and hence blockage) at nearly the same
freestream Mach number and unit Reynolds number, the
displacement buildup chokes the flow producing a large
embedded supersonic region that completely fills the duct and
is terminated by another shock wave.

The computed Mach number contours of Fig. 5b indeed
capture the qualitative structure shown in Fig. 5a including the
shock location and the shape of the embedded supersonic
region. However, the computed embedded supersonic region
behind the shock is somewhat smaller than the experimental
measurements indicate. The wiggles in the computed Mach
contours that occur when the slope (8Y/dX)M is relatively
small and the absence of the vortex layer are due to the
coarseness of the mesh in the radial direction outside the
boundary layer. Comparison of the experimental and com-
puted Mach number contours for the three other test cases can
be found in Ref. 13. The size of the embedded supersonic
region decreases with decreasing Mach number and increasing
Reynolds number. The computed embedded supersonic region
is somewhat smaller than the experimental measurements in-
dicate for all three test cases.

Skin Friction
The symbols in Fig. 6 represent skin friction determined

from the experimental mean velocity profiles using the law-of-
the-wall fit of Rubesin et al.25 Details regarding the determina-
tion of the skin friction can be found in Ref. 21. An alcohol
technique11 was used to find the region of separated flow. For
MO, = 1.48, the alcohol technique indicates separation as
shown in Fig. 6. Velocity profiles were not used to determine
skin friction in the separated region observed by alcohol
because of the uncertainty of the experimental data near the
separated region. No attempt was made to extrapolate ex-
perimental skin friction to find the separation point because of
insufficient data just ahead of separation. At M00 = 1.37,
separation could not be detected with alcohol although an ex-
trapolation of experimental skin friction would indicate a
small region of separation. The boundary layer at the lower
Mach numbers is unseparated. It can be seen that the effect of
Mach number on skin friction is very pronounced. The effect
of Reynolds number is small on the unseparated interaction.

Downstream of the shock wave, the skin friction increases
gradually for all of the test cases. For-M^ - 1.48, the skin fric-
tion at X= 49.88 is still 27.5% lower than the zero pressure
gradient flat-plate value23 at the corresponding Mach and
Reynolds numbers, indicating that the boundary layer still has
not recovered from the effects of the interaction. For
MOO = 1.28, on the other hand, the skin friction at X = 36.84 is

A O EXPERIMENT
—— NAVIER-STOKES

y/S

1.0

0.8

0.4

0.2

x=48.99 <
A AT X= 0

1.0

Fig. 7b Boundary-layer velocity profiles:
= 4.92xl06.

1.0

1.48, Re/m

only 3.5% lower than the zero pressure gradient flat-plate
value23 at the corresponding Mach and Reynolds numbers.

The skin friction from the Navier-Stokes simulation, as
shown in Fig. 6, is somewhat different from that reported
earlier in Ref. 21. In the present paper, skin friction was deter-
mined from the computed velocity profiles using the method
of Rubesin et al.25 to maintain consistency with the determina-
tion of skin friction from experimental data. At lower Mach
numbers where the flow is unseparated and near separation,
the numerical predictions of skin friction agree very well with
values determined from experimental data. At the highest
Mach number of 1.48 where the flow is separated, the agree-
ment is not as good.

A comparison of separation length from the present in-
vestigation with the available planar two-dimensional ex-
perimental results (summarized in Refs. 6, 13, and 26) suggests
that the effect of the flow blockage is to reduce the extent of
separation. This is in agreement with the results of Mateer and
Viegas.1 In Ref. 1 it was shown that flow blockage prevented
axisymmetric transonic shock-wave/turbulent boundary-layer
flows from separating relative to similar but two-dimensional
flows on flat plates. Thus, flow blockage has an effect of pro-
ducing a weaker interaction.
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Fig. 8a Boundary-layer velocity profiles: Mo^l.28, Re/m
= 4.92xl06.

The numerically determined velocity profiles presented in
Figs. 7 and 8 show overall good agreement with the ex-
perimental velocity profiles where the boundary-layer
thickness for the numerically predicted velocity profiles was
determined as explained in the next subsection entitled
"Displacement and Momentum Thicknesses." This agree-
ment is especially good for the lowest Mach number case, Fig.
8. At the highest Mach number, the computation and experi-
ment agree at the start of the interaction, but disagree very
close to the wall in the reattachment and recovery regions.
Also, they disagree over a larger distance from the wall in the
computed separation regions. These differences could be due
to weaknesses in the turbulence model in the separation and
downstream of the reattachment region. These weaknesses
have been noted in the past15 as a definite characteristic of the
Wilcox-Rubesin turbulence model used in the present study.
The differences near the separated region could also be due to
the inaccuracies in the measurements for reasons discussed
earlier. These differences between the experimentally and
numerically determined velocity profiles near the wall are
reflected in the skin-friction comparisons in Fig. 6.

AO EXPERIMENT
—— NAVIER-STOKES

0.8 -

y/S

Fig. 8b Boundary-layer velocity profiles: M00=l.2&, Re/m =
4.92 X106.

Boundary-Layer Velocity Profiles
Boundary-layer velocity profiles upstream of, within, and

downstream of the interaction region for M^ = 1.48 and 1.28
are shown in Figs. 7 and 8. The experimental velocity profiles
were determined from measured pitot and static pressures, us-
ing the assumption that the total temperature across the
boundary layer was constant. A least-squares wall-wake fit22

to the experimental data was used to obtain the boundary-
layer thickness. Mathews et al.27 earlier demonstrated the use
of this technique for flows with normal shock waves.
Although the alcohol technique clearly indicated separation
for MO, = 1.48, an area of reversed flow cannot be distin-
guished from the experimental velocity profiles. Values of
velocity deduced from measured pitot pressures near the
separated region tend to be too high. Similar results were ob-
tained by Vidal et al.5 and Kooi.6 For the freestream Mach
number of 1.48 (FigL 7), a comparison of the boundary-layer
velocity profile at ^=48.99, with the undisturbed velocity
profile at X= 0, indicates that the velocity profile has not fully
recovered to the undisturbed state. There is a noticeable
velocity defect in the range 0.1 <.y/6<0.6, indicating a strong
wake component not yet relaxed from the effects of the in-
teraction. For the lowest freestream Mach number of 1.28, the
boundary layer app_ears to have returned to essentially the un-
disturbed state at ^=36.84, as is shown in Fig. 8.

Displacement and Momentum Thicknesses
The upstream experimental displacement and momentum

thicknesses were obtained by a least-squares wall-wake fit22 to
the experimental data. The displacement thickness increases
rapidly at the start of the interaction, reaches a maximum
value, and then decreases gradually, as shown in Fig. 9. The
maximum buildup is a strong function of the freestream Mach
number, increasing with increasing Mach number. Seddon2

found a maximum increase of the displacement thickness of
5.6 times the undisturbed value at a freestream Mach number
of 1.47. In the present experiment, for a freestream Mach
number of 1.48, the increase is 4.2 times the undisturbed
value. Although Re8u is somewhat higher for Seddon's experi-
ment,2 the difference between the results of Seddon and the
present study probably is due to the higher blockage in the
present experiment. This conclusion is further substantiated
by the results of Ref. 24 where an increased blockage, as com-
pared with the present experiment, reduces the ratio of
displacement thickness buildup, although the value of max-
imum displacement thickness becomes higher. The effect of
the Reynolds number on the displacement thickness buildup is
small for the unseparated interaction. Momentum thickness
continuously increases downstream, as is shown in Fig. 10.
With increasing Mach number, larger increases in momentum
thickness occur. The Reynolds number effect on the momen-
tum thickness is small for the unseparated interaction.

The intergral thicknesses from the Navier-Stokes solution,
as shown in Figs. 9 and 10, were calculated as follows: Before
the shock wave, where static pressure decreases as Yincreases,
the upper limit on the integration to determine <5* and 6 is
based on 0.995 of (pw)max (i-e., integrate normal to the wall to
y where pu is 0.995 of the maximum). After the shock wave
where the static pressure increases as Y increases, the upper
limit on the integration to determine d* and 6 is based on 0.995
°f wmax- Farther downstream, locations y[(pu)max] and
y[umax] are equal. These changes from a single upper integra-
tion limit in the determination of 5* and 6 were made because
they lead to a considerable improvement in the comparisons of
the numerical and experimental results in the regions of
significant pressure gradient normal to the flow direction. The
effect of numerous choices of the upper integration limit was
evaluated numerically before the one used to obtain the results
of Figs. 9 and 10 was selected.21 With this choice of the upper
limit of integration, the numerical results show good overall
agreement with the measurements although the increase in d*
with increasing Mach number was not quite as large as
observed in the experiments. This difference can be attributed
to the differences between the measured and computed veloc-
ity profiles noted earlier.
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Fig. 9 Displacement thickness distribution.

50

Fig. 10 Momentum thickness distribution.

freestream Mach number of 1.28, a maximum difference of
2.25% was found just downstream of the shock wave. For the
freestream Mach number of 1.48, a maximum difference of
11.8% was found near the reattachment point. The difference
reduced to 5.2% at X- 48.99. These differences may arise due
to errors in the measurement of velocity profiles in the separa-
tion region, as discussed earlier. These observations are no ab-
solute proof of two-dimensionality, but they suggest that the
three-dimensional effects, if any, are very small.

Conclusions
The results of the present experimental investigation of a

normal shock-wave/turbulent boundary-layer interaction in a
circular duct have led to the following conclusions:

At the Reynolds numbers examined in the present study, a
blockage of about 2.25% reduces the extent of separation in
comparison with planar two-dimensional experiments with
lower blockage. The shape of the embedded supersonic region
is found to be very different from that observed in planar two-
dimensional experiments. With increasing Mach number, the
slope of the initial pressure rise increases, the flow becomes in-
creasingly separated, and the embedded supersonic region gets
larger. For the range of Reynolds number variation which
could be achieved in the present study, the Reynolds number
effect on an unseparated interaction is small.

Numerical simulations incorporating the Wilcox-Rubesin,
two-equation turbulence model predicted the above ex-
perimental observations very well. This numerical study con-
firmed that with this turbulence model details of a relatively
complex normal shock-wave/turbulent boundary-layer in-
teraction flow could be reliably predicted. This is especially
true when the flow does not separate. The simulation is not as
accurate when the flow separates and becomes even less so if
the separation becomes large. For the present study, this inac-
curacy manifests itself by the inability of the simulation to
predict precisely the skin friction, or velocity profiles adjacent
to the wall within the separated region and downstream of
reattachment where the experimental velocities recover to the
undisturbed state more slowly than the calculated velocities.

Two-Dimensionality of the Flow
A limited investigation of the two-dimensionality of the

flowfield was carried out. Wall pressure measurements with
pressure taps located at 90-deg intervals around the periphery
of the test section upstream of, within, and downstream of the
interaction, differed by less than 0.5% at any particular axial
location. Boundary-layer velocity profiles measured at 90-deg
intervals around the circumference at the start of interaction
and just downstream of the reattachment point show good
agreement.21 Finally, an indirect check of the two-dimension-
ality was performed by substituting measured integral proper-
ties (Cj = 0 was used for the separated region using the separa-
tion point indicated by the alcohol technique) and wall
pressure into the momentum balance:

-
6*2\

--—)2R/
dP
dx dx

eu2
edx

The momentum thickness obtained from the right-hand side
of the equation is compared with the experimental momentum
thickness. The experimental momentum thickness was found
to rise more rapidly than the calculated value. For the
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